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This thesis proposes a design for the project SKYLITE satellite. Project 
SKYLITE is an experiment which will assess compensating techniques designed to 
reduce laser wave front distortion caused by the atmosphere. The satellite will measure 
and downlink the propagated beam irradiance of the Mid-IR Advance Chemical Laser 
(MIRACL), based at the White Sands Missile Range (WSMR), New Mexico. The 
spacecraft will be designed to measure beam quality and power of both high and low 
power laser experiments. The irradiance and power values will vary as different 
compensating methods are employed. The spacecraft, which is gravity gradient 
stabilized, provides an array of IR sensors in the 3.6 to 4.2 micron window to measure 
laser irradiance. The use of several retroreflectors appended to the satellite will provide 
for precision pointing and turbulence correction measurements using a ground based 
Alexandrite laser. Due to the high energy involved during the lasing experiment, highly 
reflective, radiation shielding of both sensitive equipment and the solar array will be 
required to allow for survivability throughout its three year life without thermal or 
structural degradation. To minimize cost, Project SKYLITE will utilize the STS (Space 
Shuttle) standard canister for small self-contained payloads known as the Extended Get 
Away Special (GAS) can. The satellite has been designed to use the Orion bus 
currently being designed by NPS. The use of off-the-shelf technology for both economy 
and rapid procurement processes has been a prime consideration throughout the design 
to meet the Initial Operational Capability deadline of first quarter FY-89. The satellite 
expense, estimated with the Air Force Unmanned Spacecraft Cost Model, is 
approximately 3.9 MS for recurring costs and 14.8MS for nonrecurring costs. 
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I. INTRODUCTION 



The U.S. defense effort depends upon maintaining and deploying modern 
weapons with capabilities well tailored to the projected threat. In the middle 1980's, as 
a response to President Reagan's Strategic Defense Initiative, the U.S. began a massive 
research and development effort into the feasibility of a protective shield against 
nuclear ballistic missiles. This effort generated studies into methods of detecting, 
classifying and destroying ballistic missiles. Several options appeared in each phase of 
the engagement sequence. The options for destroying a missile were earth and space 
based directed energy and kinetic energy weapons. The directed energy weapon most 
appealing to U.S. planners, as of 1986, was the eximer laser. 

When a ground based laser is directed through the Earth's atmosphere, the 
resulting beam distortion causes lower average power upon the target. For successful 
destruction, the beam must dwell upon the target until failure and destruction occurs. 
Atmospheric distortion lengthens dwell time, reducing the number of targets a given 
laser may engage in a given interval. Consequently, a technique, called Coherent 
Optical Adaptive Technique (COAT), has been developed to compensate for the 
atmospheric distortion. An experiment was developed to evaluate the COAT technique 
as it aids a laser weapon directed at an orbiting satellite. The experimental effort, titled 
SKYLITE, will use the MIRACL laser, instead of an eximer laser, due to the 
anticipated delay in the construction of an eximer laser. Compensating techniques 
which are proven successful with the MIRACL laser in the SKYLITE experiment will 
be adapted to the eximer laser. 

The satellite developed for the project SKYLITE experiment will be used as a 
target to measure the propagated beam irradiance profile of both low and high energy 
laser beams transmitted from a ground site. This concept analysis for Project 
SKYLITE was performed for the Space Defense Initiative Office (SDIO) under the 
auspices of Program Manager Weapons (PM W- 145). The SKYLITE satellite will 
operate arrays of IR sensors in low earth orbit for evaluation of laser radiation incident 
on the spacecraft. As the laser wave front is adapted based on atmospheric sampling 
and COAT adjustments, the power measured by the satellite will vary. Sampling the 
mcident radiation provides feedback tp- ascertain the success of atmospheric 
compensation techniques. 
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The following thesis is a conceptual design of a spacecraft which meets the 
requirements of project SKYLITE. These requirements, together with satellite mission 
objectives are listed in chapter two. Since the SKYLITE spacecraft is a modified design 
of a common Orion satellite bus, the characteristics of Orion are listed for reference in 
chapter three. The bulk of the thesis involves the engineering analysis of the various 
satellite subsystems, which satisfy the stated mission objectives. This analysis, covering 
orbital selection, propulsion, thermal balance, stabilization, power requirements, and 
structural design is detailed in chapters four through nine. The orbital analysis solves 
the unique problem of satisfying orbital requirements driven by a stated laser slew 
rate, and geographic firing limitations. Propulsion considerations are evaluated in 
chapter five, addressing the fuel requirements throughout the satellite lifetime to 
include orbital decay, periods of spin stabilization, and orbital insertion. The thermal 
balance discussed in chapter six, discussess why spacecraft temperature varies 
throughout the orbit, as well as the effects of the laser generated heat upon satellite 
temperature. The means of satisfying electrical power demands is detailed in chapter 
seven. Also explained is the method of evaluating average power produced by the body 
mounted solar cells. Due to the method of stabilization selected, covered in chapter 
eight, the apparent solar area is time varying and an approach for predicting the area 
at any instant is provided. The stress, deflection, and vibrational requirements, 
prescribed by NASA for GAS can launches, are analyzed in chapter nine. The 
attributes of the experiment payload are presented in chapters ten through twelve. 
Chapter ten outlines the characteristics of a retroreflector which is necessary for 
measuring atmospheric distortion. Chapter eleven evaluates potential sensors available 
for sampling the laser irradiance balancing their attributes against deficiencies when 
measuring relatively high power levels. The means to convey the sampled laser power 
to the WSMR site is described in chapter twelve. The communications demands are 
minimal, since no storage capability is required and the data rate is relatively low. The 
thesis concludes with a cost estimate of the SKYLITE satellite based on the Air 
Force's Unmanned Spacecraft Cost Model. Several problems which arose when using 
this particular model for estimating small satellites and are also listed in chapter 
thirteen. The thesis provides the reader with the calculations, reasoning and 
methodology used in the design analysis to fulfill the specified requirements. 
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II. SKYLITE MISSION OVERVIEW 



A. PROJECT SKYLITE MISSION REQUIREMENTS 

1. Orbit 

The SKYLITE satellite must be designed to operate in Low Earth Orbit. The 
basis for the altitude and inclination selection were several requirements levied on the 
satellite's design by the experimenters at PM W- 145. The conditions that affected the 
orbital selection were: 

• Peak elevation of 80 degrees. 

• Laser slew rate of 10 to 20 mrad/sec. 

• Satellite lifetime of 36 months. 

• Northward laser firing azimuth. 

• Laser firing periods of at least 60 seconds. 

• One day revisit time, allowing at least one 60 second lasing period. 

Although not requested by the experimenters, the orbital selection must also 
depend on spacecraft survivability considerations. An orbital altitude must be selected 
that will limit thermal radiation effects on the spacecraft during the high energy lasing 
experiment. 

2. Attitude Control 

The attitude of the satellite must be known to ensure that the angle of arrival 
of the laser beam will be within the calibrated acceptance cone of the IR sensors for 
significant portions of most passes within sight of the ground site. In addition, the 
satellite's orientation must not change rapidly or be unpredictable during the laser test. 
Spacecraft attitude must be known to within three degrees during the laser test. 

3. Retroreflector 

Retroreflectors are necessary to enhance the apparent cross-sectional area of 
the satellite. Several retroreflectors of light at a wavelength of 0.755 micrometers, with 
an effective cross-sectional area of 3.3 x 10^ meters^, must be attached to the Earth- 
end of the satellite. The retroreflectors must be able to keep the ground laser site 
within its acceptance cone at all times when the spacecraft is above 45 degrees 
elevation as viewed from the ground laser site. 
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4. IR Sensors 

Multiple IR sensors in distributed arrays are required to detect and measure 
the propagated beam irradiance of the laser beams. The sensors must be capable of 
measuring energy in the 3.6 to 4.2 micron region at various power levels as low as 0.25 
mW/cm^ and as high as 4.0 W/cm^. 

5. Gravity Gradient Boom 

The SKYLITE satellite uses gravity gradient stabilization. This technique 
requires a gravity gradient boom for attitude stabilization. It is important that the 
boom is designed not only to deploy but also to retract, in case of failure to capture 
the spacecraft into gravity gradient stabilization. It is also important to have the ability 
to deploy the boom at various rates and to have an indication of boom length 
deployed. It will be necessary to coat or polish the boom to minimize thermal gradients 
which cause bending when the boom is in sunlight or in the laser beam. 

6. Satellite Survivability 

All structures and systems of the SKYLITE satellite are required to survive a 
36 month exposure to the natural charged particle radiation environment appropriate 
to the 700 kilometer orbit and the transient temperature increases which occur during 
the high power laser test. 

7. Electrical Interfaces 

While on the launch pad, provisions must be made to monitor the SKYLITE 
satellite using hardlines to the crew monitoring station in the cabin. Provisions must 
also be made to maintain battery charge while on the pad. 

8. Launch Requirement 

While awaiting launch from the GAS can into a parking orbit, it will be 
required to maintain temperatures in . the GAS can to those of the survivable limits of 
the satellite. 

B. SKYLITE SATELLITE DESCRIPTION 

The SKYLITE satellite is a gravity gradient stabilized 125 kilogram cylindrical 
main structure, 35 inches long and 19 inches in diameter with 1) a gravity gradient 
boom extending 10 meters from the space end of the structure, and 2) four 1.33 meter 
long sensor arms extending in the ± x and ± y directions located at the mid-section of 
the spacecraft. The end of the gravity gradient boom contains a tip mass of 10 
kilograms with solar cells attached to the space end. The spacecraft configuration and 
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mass is designed to fit into the extended Get-Away-Speciai (GAS) can onboard the 
Space Shuttle. The design will also assure that the lifetime of the mission will exceed 36 
months when placed into an orbit of 700 kilometers. The SKYLITE spacecraft flight 
configuration, shown in Figure 2.1, illustrates the features of the SKYLITE satellite. 

Because of the spacecraft structure and the nature of gravity gradient 
stabilization, the sensor plane on the SKYLITE satellite will be oriented approximately 
normal to the Earth radius, and facing Earth, while the opposite end will be pointed 
toward space. A five eye sun sensor and a magnetometer will be used to determine the 
attitude of the satellite. 

To satisfy SKYLITE mission requirements, the satellite contains an array of IR 
sensors for evaluation of radiation from the MIRACL laser. These sensors are located 
on the Earth-end of the satellite and on the ends of the four booms extending from the 
mid-section of the spacecraft. 

Several retroreflectors are attached to the Earth-end of the satellite. An 
Alexandrite laser, housed directly on top of the MIRACL laser, will be used with the 
retroreflectors to measure atmospheric parameters along the path followed by the 
MIRACL laser beams. This atmospheric probe beam from the Alexandrite laser is 
reflected from the retroreflector to a ground based receiver at the laser site and is used 
to characterize the column of air through which the probe beam traveled. 

Based on the measured intensity variations across the wave front of the reflected 
beam measured at the laser site, the MIRACL laser optics are adjusted to compensate 
for atmospheric effects and an adapted MIRACL laser beam is directed through nearly 
the same atmospheric column just measured, toward the sensor array on the satellite. 
The MIRACL laser beam's cross sectional intensity is sampled, at a high data rate, 
and measured by the IR sensors. This data is transmitted in real time to a ground 
station, which is located at either White Sands or a designated Spacecraft Ground Link 
System (SGLS) site, and relayed to the laser facility for processing. 

The power subsystem is designed to supply power for one experiment which will 
last no longer than one minute in duration, during a minimum sun orbit. On the 
average, six to eight experiments per year will be conducted. SKYLITE power is 
provided by solar cells mounted on the body of the satellite and on the space-end of 
the gravity gradient tip mass. The 0.602 square meters of solar collectors produce 
between 53 and 64 watts of energy. One 130 watt-hour NiCad battery stores the 
energy until it is required. 



18 



Solar Array 
Panel 



IR Laser Sensor 



Stability Boom 




Tip Mass 



Gravity Gradient 
Boom 




Solar Arrays 



Injection 

Thruster 



Retroref lector CEFS) 



l 



■2 Axis 
Earth 



Figure 2.1 SKYL1TE Spacecraft Flight Configuration. 
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A telemetry, tracking, and command subsystem (TT&C) provides operational 
control of the satellite. It is commanded by uplink commands and onboard stored 
commands. The TT&C subsystem supports the mission function by telemetering the 
IR sensor data from the sensor array subsystem to the ground in near real time, and 
providing command and verification capability for deploying the gravity gradient boom 
and capture of the spacecraft into gravity gradient stabilization. The TT&C also 
performs a housekeeping function by providing real time equipment fault monitoring 
and it collects and conditions telemetry from the spacecraft subsystems while 
performing this function. 

A radio frequency subsystem provides communication between the SKYLITE 
satellite and the ground station via a 1.0 KBPS S-band command link and a 1.0 MBPS 
S-band data link. The White Sands Missile Range or a designated SGLS site will 
provide communications with the SKYLITE spacecraft. It is intended that the 
communications system will be SGLS compatible. 

C. SKYLITE LAUNCH PROFILE 

The SKYLITE satellite is designed to be launched from the extended GAS Can 
onboard the Space Shuttle into a circular parking orbit between 400 and 1400 
kilometers at an inclination angle between 28.5 and 37.5. The separation point has not 
yet been determined. The satellite will extend four arms in each of the x and y 
directions for stabilization and then spin up using four one pound thrusters. The 
satellite will then bum a five pound kick motor and make an altitude and plane change 
into an operational orbit of 700 kilometers and to an inclination of 33 degrees. Once 
operational orbit is obtained the spacecraft will despin. The gravity gradient boom will 
be deployed to capture the satellite into gravity gradient stabilization. Provisions have 
been made to retract the boom and re-attempt capture if the first attempt fails. The 
SKYLITE satellite is designed to be operational for 36 months. 

D. MISSION OPERATION SUMMARY 

The tracking of the spacecraft can be performed at certain times during a pass by 
the Alexandrite tracking laser. The spacecraft's retroreflector will be illuminated by the 
tracking laser beam, and by means of a ground based receiver, observe its reflected 
beam of light. 

During experimental operations, the Alexandrite illuminating beam is turned on 
and aimed at the satellite using the spacecraft ephemeris data and the precomputed 
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trajectory as the satellite ascends above the 45 degrees elevation angle from White 
Sands. At 60 degrees elevation angle the MIRACL laser is turned on, and the IR beam 
strikes the satellite. The IR sensor array measures the incident beam's energy. 
Background measurements are taken just prior to and immediately after the 
experiment. A single pass will typically last less than fifteen minutes, but the 
experimental portion of a pass when the MIRACL laser is fired will last no longer than 
one minute. Experiments using different power levels will be attempted. The power 
incident on the satellite will range from 0.25 milliwatts per square centimeter to 4.0 
watts per square centimeter. The laser beam power will remain constant during each 
experiment. 

Onboard the satellite, the IR sensor array subsystem receives the IR beam and 
measures its intensity distributed across the sensor array. Signal strength at each 
sensor location is measured nearly simultaneously, then encoded and sent directly to 
the wideband downlink formater. The output is modulated onto the S-band carrier in 
the S-band transmitter, along with housekeeping data. This combined signal is 
radiated from the satellite S-band cross-dipole antenna to the ground stations receiving 
dish at 1.0 MBPS. The ground station demodulates the data and sends near real time 
data to the experimenter for analysis. 
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III. THE ORION CONCEPT 



The basic spacecraft bus selected for the SKYLITE design is a variant of the 
Orion spacecraft. Orion is the program name assigned to a collective project begun at 
the Naval Postgraduate School (NPS) in the fall of 1985. The program's focus is the 
design and construction of a satellite. NPS students provide most of the engineering 
and design effort, with the remainder subcontracted as funds allow. Each engineering 
discipline at NPS would concentrate on pertinent spacecraft design problems. For 
example, mechanical engineering students will concentrate on structures, response to 
vibration, and thermal control. All Orion design considerations emphasize low cost 
access to space. This satellite will fill a current industry wide void by providing a 
common bus to transport a variety of mission oriented hardware. 

The Space Transportation System (STS) has the ability to launch small 
spacecraft by placing them into small canisters secured in the cargo bay. Payloads 
launched by this method are called Get Away Specials (GAS), and the launching 
canisters acquired the name GAS Can. This dispenser attracted enough interest to 
warrant the design and development of a slightly larger receptacle, called the Extended 
GAS Can.The Extended Gas Can, illustrated in Figure 3.1, has an inner diameter of 19 
inches and length of 35 inches. The Orion spacecraft selected for the SKYLITE 
experiment will be deployed via the Extended GAS Can , and must adhere to these 
volume constraints. As of August, 1987, the Extended GAS Can was under design, 
with an anticipated first flight date of late 1989. This date will coincide with the 
completion of construction on the SKYLITE spacecraft. 

The main features of the Orion spacecraft will be presented, with discussion of 
specific points relevant to the SKYLITE spacecraft. The Orion satellite is designed as 
a bus to ferry small, relatively simple payloads into low Earth orbit. The payload 
capability is between 50 and 130 pounds, depending on mission duration and desired 
propulsion. If the 130 pounds of mission equipment is required the launch weight of 
Orion will be 275 pounds. Three basic models of Orion are available, with the tradeoffs 
of propellant versus payload weight. The longer lived and high orbit experiments 
require the most propulsion, decreasing available payload weight. Conversely, the 
short lived and low altitude experiments are allowed maximum payload due to the 
small fuel demands. These tradeoffs are illustrated in Figure 3.2. [Ref. 1: p. 1-32] 
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Figure 3.1 Extended GAS Canister. 

The Orion satellite has been designed with 7 thrusters. Six thrusters are .1 lbr 
rated, and used for spin up and attitude control. The seventh thruster is 12 lbf and is 
used for insertion and stationkeeping. Spin stabilization, with appropriate sensors to 
ascertain attitude, is the method of stabilization. Since the spacecraft is inherently 
unstable when spinning, a means to introduce stability is necessary. For SKYLITE the 
extension of four short booms, with masses attached at the end, provide the desired 
stability. If no additional stabilization method is developed, the majority of Hydrazine 
fuel, will be quickly consumed by Active Nutation Control. The Electrical Power 
System of Orion will provide 15 watts of continuous power to the payload module. The 
power supply will be body mounted solar cells supplemented during eclipse by Nickel 
Cadmium batteries. Although not necessary for the SKYLITE, Orion has a bubble 
memory data recorder aboard. The satellite will have an inherent SGLS and TDRSS 
compatible telemetry system as part of the bus support. [Ref. 1: p. 1-32] 
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Figure 3.2 Propulsion vs Payload Tradeoffs of Orion. 

Two major modifications to the Orion spacecraft will be required for the 
SKYLITE experiment. These modifications are the addition of several IR sensors on 
the Earth facing side of the spacecraft and the inclusion of an extendable gravity 
gravity boom and tip mass. The sensors fulfill the basic experimental purpose, which is 
measuring the incident radiation from to a laser. The gravity gradient boom is 
necessary to provide a passive stabilization method for SKYLITE, once it arrives on 
station. If the passive stabilization method was not used, the active method of Active 
Nutation Control would consume such large quantities of Hydrazine that the 
experiment lifetime would be significantly shortened. 



24 



IV. ORBITAL ANALYSIS 



A. INTRODUCTION 

Proper orbit selection is the most important aspect of the satellite design process. 
All other elements in the design process depend upon orbital selection. For example, 
the particular orbit selected enables the solar panels to achieve their proper orientation 
with respect to the arriving solar radiation, as well as fmely balances the 
thermodynamic considerations in the thermal design. Typically, the selection of an 
orbit is a compromise which simultaneously provides for accurate experimental results 
and creates a healthy environment for satellite operation. 

The demands placed on the SKYLITE orbital selection were considerable 
[Ref. 2]: 

• Peak elevation of 80 degrees. 

• Laser slew rate of 10-20 mrad/sec. 

• Satellite lifetime of 36 months. 

• Northward laser firing azimuth. 

• Laser firing periods of at least 60 seconds. 

• One day revisit time, allowing at least one 60 second lasing period. 

Although not specifically requested by the experimenters, an additional 

requirement became necessary. The satellite exposure to thermal damage by the laser 
must be minimized. As the orbital altitude increases, laser path loss also increases, thus 
lessening the laser irradiance at the spacecraft. A baseline value for satellite altitude, 
and consequently, propagation path loss, would provide a maximum laser irradiance at 
the spacecraft upon which the thermal design and spacecraft protection could be based. 
This baseline altitude was selected to be 500 kilometers, and is the minimum altitude 
allowable for SKYLITE. Should the satellite decay below 500 kilometers, the 
decreasing laser path loss would raise the irradiance to intolerable values. The 
spacecraft will be inserted into a 700 kilometer orbit, and subsequent analysis must 
determine whether compensation is necessary to counteract orbital decay. The 
requirements listed above were examined for their effect on orbital selection. Their 
impact is subsequently explained, with elaboration on pertinent phenomena. 
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Figure 4.1 MIRACL Laser Firing Limitations, Side and Top View. 

restrictions due to construction of the laser are severely limiting. This affects the orbital 
selection. Since the purpose of the SKYLITE experiment is to measure irradiated 
power on a spacecraft from the MIRACL laser, the spacecraft must be in a position to 
be illuminated by the laser beam. If the laser had unrestricted freedom in azimuth and 
elevation, the selection of a proper orbit would ensure the MIRACL laser site at White 
Sands Missile Range (WSMR) passed within the satellite swath width. The specific 
limitations of the MIRACL laser in azimuth are (relative to true north) 160 degrees 
clockwise to 080 degrees. The elevation limits are 060 degrees to 0S0 degrees. These 
restrictions are illustrated in Figures 4.1 and 4.2. The satellite must fly through the 
annular cone described by the laser firing limitations to adequately sample laser power. 
[Ref. 2] 
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Figure 4.2 Firing Limitation Cone. 

B. ORBITAL INCLINATION 

The orientation of the azimuthal restrictions affect. the selection of the satellite 
inclination. The specific inclination which maximizes the number of satellite passes 
through the firing cone must be selected. Except for a firing bearing of 080 to 090 
degrees, any pass to the north of the MIRACL site at 60 to 80 degrees elevation 
provides conditions for a successful shot. The restrictions on a southward firing bearing 
are more severe. For a southern shot, the restricted azimuth is 080 to 160 degrees, or 
almost half of the available bearings. Thus, a northern firing bearing was selected 
which would be satisfied by the satellite deployment into an inclination greater than 
the latitude of the MIRACL site. Since the MIRACL site is at 32.6 degrees North 
latitude, a 33 degree orbital inclination was selected for SKYLITE. The dependency of 
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spacecraft subsystems, such as the propulsion system, on orbital selection becomes 
immediately apparent. The propellant aboard SKYLITE must be sufficient for orbital 
injection after deployment from STS. The Propulsion Analysis chapter demonstrates 
SKYLITE's capability to reach orbits of 33 degrees inclination from a range of STS 
orbits. Thus, the inclination of SKYLITE, based on MIRACL azimuthal firing 
constraints, is consistent with the capabilities afforded by spacecraft subsystems. 

C. MINIMUM ORBITAL ALTITUDE 

The effect of the 36 month orbital lifetime requirement, which is also intimately 
related to propulsion, is also examined in depth in the propulsion chapter. The altitude 
requirements were to maintain the satellite altitude above 500 kilometers. At and above 
500 kilometers the laser path loss was great enough to reduce laser intensity to a level 
tolerable by spacecraft hardening. SKYLITE, as is true of all spacecraft, is extremely 
sensitive to temperature fluctuations. The thermal balance is delicate and precisely 
controlled. Should the spacecraft descend to an altitude at which the satellite thermal 
hardening techniques may be overcome by laser irradiance, the thermal balance will be 
catastrophically upset. Another orbital parameter, the satellite altitude, is now defined, 
based on the need to lessen the laser's power by increasing its path loss. 

D. MAXIMUM ORBITAL ALTITUDE 

The minimum satellite altitude was contingent on the need to -mitigate laser 
thermal damage. The upper altitude limit is dictated by the laser slew rate 
consideration. The MIRACL laser does not have an unlimited train rate throughout its 
attainable azimuths and elevations. Instead, it must be limited to slew rates of 10 to 20 
mrad/sec. The altitude of the satellite affects the slew rate directly. The lower the 
altitude, the quicker the satellite crosses the field of view. Conversely, the higher the 
satellite, the slower the satellite traverses the field of view. At geosynchronous altitude 
of approximately 36,000 kilometers, the period of satellite revolution equals the 
rotation of the earth, and the satellite appears stationary. An approach was required to 
refine the upper altitude between 500 and 36,000 kilometers. 

The following discussion evaluates the satellite orbital altitudes which correspond . 
to slew rates of 10 to 20 mrad/sec. This slew rate represents the angular velocity of the 
MIRACL pointing mirror as it tracks and lases SKYLITE. The tendency is to 
approach the problem and evaluate the slew rate in terms of angular velocity at the 
Earth's center. Although this approach is considerably simpler, the results would be 
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Figure 4.3 Velocity Components of Spacecraft Depend on Elevation. 

erroneous. To illustrate this problem Figure 4.3 is used. A means is necessary to relate 
the altitude of the satellite to the angular velocity of the MIRACL pointing mirror. 
The elevation of the mirror, due to previously discussed limitations, is restricted to 
between 60 and 80 degrees. For a point on the Earth's surface the slew rate becomes 
maximum at the point of maximum tangential velocity. The spacecraft velocity vector 
can be divided vectorially into a tangential and radial component. The absolute 
velocity of the satellite is given by the basic orbital equation listed below. 

V Q = Orbital Velocity 
V 0 = Vk/(r e + h) 
r e = Radius of the Earth 
h = Altitude of the satellite (m) 
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The tangential and radial components of the spacecraft velocity will vary as the 
elevation angle changes. This is illustrated trigonometrically in Figure 4.3. The 
maximum slew rate will occur at the mirror elevation closest to 90 degrees. For the 
MIRACL mirror, the maximum elevation angle is 80 degrees. At an elevation angle of 
80 degrees the radial and tangential components are indicated in the following 
equations. 

V t = Tangential velocity 
V r = Radial Velocity 
V t = V 0 x sin 81 o 
V r = V Q x cos 81 o 

At the instant the satellite is at an elevation of 80 degrees, the instantaneous angular 
velocity is determined in the following equations. 

V t = d x 0)- 

d = Distance from MIRACL to SKYLITE 
(Oj = Instantaneous angular velocity 

Since the distance from the laser site to the spacecraft is a function spacecraft altitude, 
then the slew rate, which is dependent on distance to the satellite, is also a function of 
spacecraft altitude. Thus, the slew rate will vary as spacecraft altitude varies. The graph 
in Figure 4.4 illustrates the variance in slew rate with changing SKYLITE altitude. 

Upon examining Figure 4.4, the altitude for compliance with the experimenter's 
10 mrad/sec slew rate becomes more definite. At an elevation of 80 degrees, 
SKYLITE's altitude must be less than 900 kilometers to ensure the 10 mrad/sec slew 
rate. The altitude selected for SKYLITE was 700 kilometers. This height satisfies the 
slew rate restrictions by a significant margin. This altitude,, as is discussed in the 
propulsion chapter, also meets requirements for lessening orbital decay and allowing 
spacecraft injection. 

E. FREQUENCY AND DURATION OF LASING PERIODS 

The final orbital requirement^ determining the frequency of valid firing periods, 
required sophisticated, computer based iterative solutions. A valid firing period is 
occurs when SKYLITE is in the MIRACL firing cone for more than thirty seconds 
[Ref. 2]. A momentary pass of the satellite throughout the laser cone was not 
sufficient. The facilities at the MIRACL laser site are extremely expensive, requiring 
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Figure 4.4 MIRACL Slew Rate vs Skylite Alt (elevation = SO deg). 

careful scheduling of sophisticated equipment. To allot the expensive facilities at 
WSMR to a satellite lasing period, a high degree of confidence that the spacecraft will 
appear for its prescribed duration is necessary. The solution to the final requirement 
was not trivial and was prohibitively difficult to solve analytically. The capabilities of 
two sophisticated orbital computer programs were applied towards an iterative solution 
of this requirement. The satellite orientation which satisfies all other conditions was 
selected for analysis by these two programs to observe if it also successfully met the 30 
second firing period requirement. SKYLITE's proposed 700 kilometer altitude and 33 
degree inclination were investigated to determine if they met the lasing period 
requirements. 
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The computer programs used to assist the lasing period study were Amoeba, 
provided with the assistance of Aerospace Corporation, and the Navy Exercise Support 
Terminal (NEST). Both programs similarly modeled the flight of SKYLITE through 
many orbits and counted the number and duration of each pass which entered the 
MIRACL lasing cone. The pointing angle limitations of the MIRACL laser were 
adequately modeled, together with SKYLITE epnemeris data. The NEST program was 
particularly helpful in accounting for the orbital iterations during a long time interval, 
and the Amoeba program contributed greatly to the analysis of each specific orbit, if 
desired. 




DAY OF MONTH 



Figure 4.5 Number of Daily SKYLITE Passes Through Laser Cone. 

The results of each program were coincident. They agreed in both periodicity and 
duration of lasing periods. The trend of lasing periods, as illustrated in Figures 4.5 and 
4.6 demonstrated that the proposed orbit of 700 kilometers and 33 degrees, was 
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Figure 4.6 Number of Daily 60 Second Lasing Periods Available. 

adequate for the lasing period requirements. Although the 60 second lasing period did 
not appear daily, it was available on approximately half of all the days analyzed. The 
MIRACL laser will actually illuminate SKYLITE at a frequency of 6 times per year for 
the satellite lifetime of 3 years [Ref. 2]. At peak lasing periods the spacecraft may be 
lased approximately once per week for six weeks. The 50 percent daily availability of 60 
second lasing periods was judged sufficient for the SKYLITE mission, given the relative 
scarce number of illumination periods. A lasing period occurring even* other day is 
more than sufficient to meet anticipated MIRACL laser demands. 

The previous analysis must be repeated for the orbital altitude at the end of the 
satellite's lifetime. Atmospheric drag may cause the orbital altitude to decay to a point 
that the periodicity requirements will no longer, be met. A decay analysis, as explained 
in the Propulsion chapter, indicated the orbital decay, after 36 months would be 
approximately 20 kilometers, leaving SKYLITE at an altitude of 680 kilometers. The 
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analysis on the frequency and duration of lasing periods was repeated for an altitude of 
680 kilometers. No substantial change in either frequency or duration of lasing periods 
was noted. 

F. CONCLUSION 

The difficulty of selecting an orbit which satisfies all restrictions was evident in 
the described analysis. The selected orbit satisfies the orbital requirements listed by 
PM W- 145, with the exception of frequency of firing periods. The chosen orbit provides 
a 60 second laser firing period approximately every other day, vice daily, as PM W- 145 
specifications required. Given the few lasing periods per year (approximately six), the 
need to wait an additional day does not inhibit laser operations sufficiently enough to 
warrant expenditure of more funds (for one or two more satellites) to meet the initial 
PM W- 145 laser period requirement. 

The selected orbit at 33 degrees inclination and 700 kilometers altitude 
successfully meets the specifications regarding thermal damage mitigation, satellite 
lifetime, laser slew rate, and firing duration. The ability to meet all requirements, save 
one, with a single satellite provides great operational flexibility. The laser experiment 
can be adequately conducted once a single spacecraft is orbiting, instead of waiting for 
two or three satellites to achieve successful orbit. 
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V. PROPULSION ANALYSIS 



A. INTRODUCTION 

The Orion propulsion system will be implemented into the SKYL1TE design with 
no modifications. The outlined propulsion components are ideal for combining the high 
reliability of the Orion concept with the long lifetime required in the SKYLITE 
experiment. However, although SKYLITE will use the same propulsive elements as 
Orion, they will be employed differently due to the differences in stabilization 
techniques. The Orion concept provides for spin stabilization, with Active Nutation 
Control based on the differences between spin and transverse moments of inertia. The 
fuel consumed would be distributed among the requirements for spacecraft insertion, 
nutation control, and orbital decay compensation. For the SKYLITE spacecraft, the 
use of gravity gradient stabilization eliminates the consumption of fuel for attitude 
control and makes the surplus available for other uses. The significant amount of fuel 
saved by using passive stabilization then becomes available for satellite insertion, thus 
expanding the range of STS orbits allowing successful injection to the SKYLITE 
station. Fuel aboard SKYLITE, not used for insertion, will be used to spin up and 
retard the satellite as it proceeds to station. 

The propulsion system designed for Orion offered three basic configurations. One 
of the options was to be selected for each Orion variant, optimizing the tradeoffs 
between payload weight and lifetime. The selection differences presented a choice 
between taking a large amount of fuel with a small payload or, conversely, a small 
amount of fuel creating space for a large payload. The equipment and volume 
constraints for the SKYLITE payload offered the situation that, due to the relatively 
undemanding volume constraints, no tradeoff between payload and fuel became 
necessary. This advantage is considerable. The SKYLITE spacecraft has a long 
lifetime, is insertable from a wide envelope of STS orbits, and allows all experimental 
instrumentation to be placed on board for the duration of the experiment. 

The Orion propulsion system, as selected for the SKYLITE satellite consists of a 
16 inch (O.D.) spherical hydrazine storage tank, 6 thrusters rated at .1 lbp 1 main 
thruster rated a 12 lbp and piping connecting the thrusters with the tank. The 
propellant used for all thrusters is Hydrazine, rated at a specific impulse of 220 
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seconds. The small thrusters are designed for spin up and spin down, and the large 
thruster is used for spacecraft insertion. Although the specific impulse of Hydrazine 
could be boosted substantially with thruster heaters, the electrical draw to sufficiently 
power these heaters is prohibitive. The propulsion design takes great advantage of the 
ability to turn the thrusters on and off repeatedly, providing great flexibility over the 
use of solid fuel. [Ref. 1: p. 1-32] 

The fuel contained in the storage tank is balanced against the requirements for 
the SKYLITE flight profile. The sequence of fuel consumption is as follows. The STS 
orbiter will eject the SKYLITE satellite into a position from which the spacecraft can 
reach operational altitude and inclination. Once the shuttle is safely clear of the 
spacecraft, the SKYLITE will be directed to deploy its short stabilizing booms and 
begin spin up. Once a rotational velocity of 100 rpm is reached, the attitude control 
thrusters will turn the satellite and the main thruster will fire, beginning the journey to 
station. Two major main thruster burns will occur. The first burn happens at perigee, 
commencing a Hohmann transfer ellipse to the. orbital altitude. The second bum 
begins at apogee and circularizes the orbit at operational altitude. The inclination 
change angle will be divided into a plane change at perigee together with a plane 
change at apogee. A program exists, which will be subsequently explained, that 
determines the optimal plane change at perigee and apogee giving the least required 
delta velocity and fuel consumption. Once station altitude and inclination is attained, 
SKYLITE is despun, eliminating all rotation about the longitudinal axis. The 
conditions for gravity gradient capture are examined, and if they are found satisfactory, 
the boom will be extended. If the capture is unsuccessful, the gravity gradient boom 
will be retracted and stabilization will be reattempted. This last feature is an advantage 
of retaining the Orion's attitude control thrusters for SKYLITE, when at first 
examination, they appeared extraneous for' gravity gradient stabilization. The presence 
of the attitude control thrusters will provide the means for reorienting the spacecraft 
should the spacecraft be captured upside down ’ or if capture is unsuccessful. As 
evidenced by several capture attempts and subsequent mission aborts, the process of 
capturing spacecraft stabilization with the gravity gradient method is extremely 
tenuous. Any means to provide several attempts at capture raises the reliability of the 
mission. 

Thoughtful evaluation of the fuel demands throughout the mission will provide a 
plan for fuel consumption. The largest fuel demand will be that necessary to place the 
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spacecraft into its desired orbit. The priorities impacting the decision for a specific orbit 
will be explained. The experimental considerations which indicated the optimum orbit 
follow. The Navy office directing the SKYLITE experiment outlined the physical firing 
constraints on the MIRACL site at White Sands Missile Range. For reasons evaluated 
in the Orbital Analysis chapter, an orbit of 33 degrees inclination and 700 kilometers 
was selected. Thus, the satellite is given an orbital requirement based on experimental 
constraints. The propulsion system must move the satellite from the STS orbit to the 
operational orbit, and satisfy these orbital requirements. Also, the SKYLITE altitude 
is governed by the need to mitigate thermal damage due to MIRACL's irradiance. An 
altitude region between 500 and 700 kilometers provides sufficient laser path loss to 
prevent laser damage to satellite components. This altitude requirement places a 
demand on the propulsion system to compensate for orbital decay of the spacecraft, 
should it descend below 500 kilometers. 

The envelope of operation for the SKYLITE and its propulsion system is now 
defined. The Orion propulsion system, as applied to SKYLITE, must insert the satellite 
from as wide a shuttle envelope as possible. It must also compensate for orbital decay, 
should the satellite altitude wither to less than 500 kilometers and it should provide fuel 
for spin up and spin down as station is attained. The following calculations figure the 
amounts of fuel consumed by each of these three requirements and show the best 
distribution of available fuel in meeting these requirements. 

B. TOTAL FUEL AVAILABLE 

The Orion variant selected for SKYLITE provides the most fuel available of any 
Orion design. The fuel is contained in a large spherical tank located in the lower half of 
the bus. All the Hydrazine available for any propulsion application resides in this tank. 
The total fuel available to SKYLITE during its three year mission can be calculated 
given the density of Hydrazine and the internal volume of the sphere, 
p of Hydrazine at 68 <> F = 1.0085 g/cm 3 . 
p of Hydrazine at 32<» F = 1.0256 g/cm 3 
The volume of the tank is computed from its intemal radius of 7.76 inches. 

Volume = (4/3)7tr 3 

Volume = (4/3)71(7.76 in) 3 (2.54 cm/in) 3 
Volume = 32118.4 cm 3 

The density of the hydrazine at 68° will be selected to compute the fuel available as 
this quantity is conservative and more accurately reflects the operating temperature of 
the Hydrazine propellant when used in the space environment. 
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M = p x V = 1.0085 g/cm 3 (32118.4 cm 3 ) = 32.4 kg of fuel 



TABLE 1 

POTENTIAL FUEL REQUIREMENTS FOR SKYLITE 



DECAY COMPENSATION FUEL 
SPIN UP / SPIN DOWN 
INSERTIN' FUEL 
TOTAL FUEL AVAILABLE 



~32!40Tg 




The total fuel available for all activities is 32.4 kg of Hydrazine. A propellant 
budget appropriately assigns fuel to each demand to meet mission demands. The fuel 
allotment must be separated into the categories listed in Table 1. 

C. FUEL REQUIREMENTS 
1. Orbital Decay 

SKYLITE will be initially inserted into a circular orbit of 700 kilometers. The 
orbit, once established, will begin to decay. The amount of decay is estimable each 
orbit, based on the properties of atmospheric density (which is low but affecting at 
LEO altitudes), cross sectional area, spacecraft velocity and the coefficient of drag, if 
the satellite descends to 500 kilometers a major burn will be necessary to reestablish a 
700 kilometer orbit. Although equations exist to predict the decay for a specific 
spacecraft at a given altitude, the latitude of ranges available for the variables in the 
equation make the calculations approximate. For example, the values for atmospheric 
density depend on many factors such as solar activity and orbital altitude. Initial 
calculations using nominal values provide insight into the magnitude of the decay. 
Following this, the maximum and minimum decay possible can be explored, using the 
limiting quantities for all variables. This final approach will give a range of orbital 
decay that can be anticipated and countered, if necessary. The graph of these 
calculations is shown in Figure 5.1 



The decay per orbit can be calculated (Ref. 3: p.8-28 - 8-31]: 



Ah = 2(p/m)7i(R e + h) 2 C d A 



The variables in the equation apply as follows: 



p = atmospheric density (kg/nr) 
m = spacecraft mass (kg) 
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Figure 5.1 Orbital Decay Based on Atmospheric Density. 

m = spacecraft mass (kg) 
h = altitude (m) 

= coefficient of drag 
A = cross sectional area (mr) 

Assumptions: 

(1) 30 kg of propellant was consumed during original insertion. This value is 

conservative because it provides the lightest satellite configuration on orbit. Since 
lifetime is proportional to spacecraft weight, the lowest weight will give the 
shortest lifetime. 
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(3) An atmospheric density of p = 3 x 10'* 3 kg/m 3 was used. This figure is 
extracted from the ARDC model which provides atmospheric density which is 
higher than median values [Ref. 10: p. 77-93]. Since decay is proportional to p, a 
higher value will cause more decay. Thus if decay requirements can be satisfied at 
the ARDC values for p, they will be more easily satisfied at lower values for 
atmospheric density. 

• Ah = 2(3 x lO' 13 kg/m 3 )(6.378 x 10 6 + 700 x 10 6 m) 2 (3)(.429 m 2 )7t/(105 kg) 

Ah = 1.157 m/ orbit 

Orbital decay will be allowed until SKYLITE altitude is 500 kilometers. At 
500 km, as indicated previously, the satellite will be configured for a major thruster 
burn, and reinsertion will be resumed at 700 kilometers. Computing the number of 
times that SKYLITE must compensate for decay is extremely important. This will 
determine the fuel reserved for decay compensation and the remaining fuel may be used 
for original orbit insertion. 

The time period required for SKYLITE to decay from 500 to 700 kilometers 
must be computed. 

Total AH = (700-500)km = 200 km 

AH/Ah= (200 km)/( 1.157 m/orbit) = 172860 orbits 

Total decay time = 172860 orbits x (98.7 min/ orbit) = 11848 days 

The time to decay to 500 kilometers exceeds the 3 year desired orbital lifetime. 
Thus, a nominal atmospheric density does not create enough friction and decay to 
require a counteracting thruster burn. If this statement is true of all possible values for 
p, the requirement to reserve fuel for countering orbital decay may be eliminated. 

Assume the launch and deployment of SKYLITE is delayed from the 1990 
date to a time when solar activity is at a peak. During a period of intense solar activity 
the atmospheric density increases substantially. Historical atmospheric density values, 
obtained from Marshall Space Flight Center upper atmosphere models [Ref. 4: p. 5], 
indicate that p atm maximum for 700 kilometers is approximately 3 x 10' kg/m . The 
time to decay from 700. to 500 kilometers, given this increase in atmospheric density, 
must be recalculated. 

Ah = 2(p/m)(R e + h) 2 AC c j 

Ah = 2(3 x lO" 12 kg/m 3 )(7.078 x 10 6 m) 2 (.429 m 2 )rt(3)/(105 kg) 

Ah = 11.57 m/orbit 
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Again, the number of orbits and time required to decay from 700 to 500 kilometers 
must be calculated. 

Total orbits = AH/Ah = 200 km/( 11.57 m/orbit) = 17279 orbits 

Total time = 17279 orbits x (98.7 min/orbit) = 1184 days 

The period required to decay from 700 to 500 kilometers, even during solar 
active periods, exceeds the planned experimental lifetime of the spacecraft. The 
calculations, as outlined above, indicate that reserving fuel for counteracting orbital 
decay is not necessary. 

2. Spacecraft Spin Up and Spin Down, and Boom Length Determination 

The SKYLITE spacecraft will have one occasion when it must be spun for 
stability. This occurs after STS drops the satellite into the parking orbit. Spinning the 
satellite will provide gyroscopic stability as it transits to station. The fuel required to 
complete the spin up evolution depends on the thrust of the rockets providing 
rotational motion, the moment of inertia of the spacecraft about the axis of spin, and 
the time required to attain the desired angular velocity. 

The small thrusters, rated at .1 lbp will provide the spin up torque. These 
thrusters are located at the satellites periphery and are perpendicular to the spin axis. 
Prior to spin up four stabilizing booms will be deployed, giving SKYLITE inherent 
spin stability by satisfying the requirement that the moment of inertia about the spin 
axis (I $ ) is greater than the transverse moment of inertia (I t ) [Ref> 5: p. 117-118]. To 
determine angular acceleration, and additionally, fuel consumed during spin up, the 
moment of inertia must be determined. 

The booms must be a minimum length to provide inherent spin stability. Built 
into the side of the Orion bus are four channels providing recesses to shelter the booms 
prior to extension. The boom length must exceed a certain critical length to provide 
spin stability. The length of these booms will be determined in the following 
calculations.. The Orion configuration is described in Figure 5.2. 

The moments of inertia about the transverse and spin axes must be computed. 
The boom must be lengthened or the ball masses made heavier so l $ will be greater 
than I t - 

About the spin axis: 

■balls = 4m baU L2 

■total = 4m baU L2 + OWMt 2 

About the transverse axis: 
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Figure 5.2 ORION with booms deployed, front and top view. 

About the spin axis: 

1 balls = 4m ball L " 

‘total = 4m bail L2 + (‘/2>Mr 2 

About the transverse axis: 

‘balls = ■ m ball‘' 2 

‘total = U/12)M(3r 2 + l,2) + 2m ball L 2 

To achieve stability the ratio of I s and I t must be greater than or equal to 
one. 

Leth' = h/r L'=L/r m' = m^/M 

Place these substitutions into the ratio of I s to I t : 

I s /I t = 1 = 6(1 4- 8m'L' 2 )/(3 + h' 2 + 24m'L' 2 ) 

Solve for m'L' 2 : 

m'L' 2 = (l/24)(h' 2 - 3) 
h' 2 - 3 = 0 
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h' = h/r = (35 in)/(9 in) = 3.684 

h' > V3 balls 'will be required for stabilization. 

Take the above value for h' and insert into the equation relating I $ 
and I t 

m'L' 2 = (l/24)(h' 2 -3) = (l/24)(3.684 2 -3) = .441 

Now, there is a tradeoff between m' and L'. The balance between m' and L' must be 
resolved. The stability booms must fit into the longerons channel recesses, so 2 lengths 
of boom material, fitted into the longerons is a good assumption for maximum length. 
Also, the PMW-145 experimenters stated that siting and sampling sensors at greater 
than 1.5 meters from the center of the bottom of the spacecraft would be of value to 
the experiment [Ref. 2]. An interval for L' is thus given, together with the indication 
that the mass placed in the balls will be used productively. Assume that the length of 
boom is one and a half times Orion's length. This boom would extend a distance from 
the spin axis equal to the radius plus the length of the boom. 

L = (1.5 x 35 in + 9.5 in) = 62 in 

L' = L/r = (62 in)/(9.5 in) = 6.526, using the equation above 
m'L' 2 = .441 , m'= (.441)/(6.526 2 ) = .010 
m' = m/M = .010. M b = M(m') = 1.25 kg 

The general shape and mass contained in the stabilization booms has been driven by 
the above approach. Given the constraints of boom lengths, the minimum mass 
necessary in the boom's end is 1.25 kg. If the mass is greater for this boom length, the 
gyroscopic stiffness for spin stabilization will be greater. However, if the mass in the 
boom ends increases considerably, the moment of inertia about the spin axis will rise, 
increasing the amount of fuel necessary for spin up and spin down. 

As discussed previously, the fuel required for spin up and spin down is 
dependent on the size of the spin up thrusters, the satellite moment of inertia about the 
spin axis, and the final angular velocity. SKYLITE will use an angular velocity of 100 
rpm. This figure was discussed with engineers at John Hopkins Applied Physics Lab. 
They felt 100 rpm was a good compromise between the extreme gyroscopic stiffness 
provided by higher angular velocities and the more affordable fuel consumption 
involved in attaining lower angular velocities [Ref. 6]. The thruster size of .1 lbf will 
act at a distance from the spin axis of 9.5 inches. This distance is coincidentally the 
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spacecraft radius. The moment of inertia for the satellite will be computed based on 
assumptions made in the preceding text. 

The basic equation relating torque to moment of inertia and angular 
acceleration is listed. 

T = la also, T= F x d 

The variables in the equation are as follows: 

T = torque (N-m) 

I = mass moment of inertia about the spin axis (kg-m 2 ) 
a = angular acceleration about the spin axis (rad/s^) 
d = distance from the thruster to the spin axis (m) 

F = the force of the thruster (N) 

Calculate I for the spacecraft when the total satellite mass is 125 kg. Assume the mass 
of each ball is 1.5 kg, the booms are massless, and the distance from each ball to the 
spin axis is 62 inches (1.575 m). 

I s = (l/2)Mr 2 + 4m b L 2 

I s = (1/2)(119 kgX-2413 m) 2 + 4(1.5 kg)(1.575 m) 2 
I s = 3.464 kg-m 2 + 14.879 kg-m 2 
I s = 18.34 kg-m 2 

Determine the torque produced by the thrusters and substitute the value for moment of 
inertia into the equation relating torque, moment of inertia and angular acceleration. 

T = radius of spacecraft x force of thrusters 
T = r x F 
T = 9.5 in x .1 ib f 
T = .1073 N-m 

a = (Torque)/(Moment of inertia) 
a = T/I. 

a = (.1073 N-m)/( 18.34 kg-m 2 ) 
a = .00585 rad/s 2 

Given an angular acceleration of .00585 rad /s how long will the satellite take to attain 
an angular velocity of 100 rpm? 

t = time = (O/a 



44 



t = (10.47 rad/sec)/(.00585 rad/s^) 
t = 1790 sec = 29.83 minutes 

The time the thrusters must bum during spin up is approximately 30 minutes. This 
seems like an inordinately long burn until the small thruster and short torque arm is 
taken into account. The weight of fuel required for spin up can be calculated. 

Wp = (Thruster force x time)/I S p 
W p = (.1 lb f x 1790 s)/220 s 
Wp = .37 kg of Hydrazine 

The fuel required for despin is equal to. that consumed during spin up. The total fuel 
thus burned during a single spin up and despin cycle is approximately .75 kg. This 
portion of fuel is a minimal amount, particularly considering only one such evolution is 
necessary. 

Thus far the demands on the propulsion system have been small. No 
propellant reserve is needed for countering orbital drag, and only 1-2 kg will be used to 
spin the spacecraft. This circumstance provides the opportunity to expand the insertion 
envelope as much as possible by making almost all the propellant available for the 
transfer evolution. 

3. Spacecraft Insertion 

The previous calculations concerning fuel expenditures have left an allowance 
of 31 kg to be used for orbital insertion. A determination of shuttle orbits which allow 
insertion of Orion to 700 km and 33 degrees inclination must be made. Nominal STS 
orbits extend from 400-1400 kilometers in altitude and from 28-56 degrees in 
inclination. The higher altitudes and inclinations come at the expense of reduced 
payload and higher propellant fraction. The 31 kg of fuel does not provide enough AV 
to attain SKYLITE's operating station from the entire shuttle orbit envelope. 

The approach taken to solve this problem was to divide the STS orbital envelope into a 
grid and compute the AV from each point in the grid to SKYLITE's operating altitude 
and inclination. The fuel consumed during this maneuver was calculated using 
W = Wp(l - exp(’^^spo)) Except from orbits of 33 degrees inclination, all insertion 
maneuvers involved a change of altitude and inclination. The evolution is completed 
with two bums. The first bum occurs at perigee and initiates a Hohmann transfer 
ellipse to SKYLITE altitude. The second burn simultaneously circularizes the orbit 
and completes the plane change. The range of STS orbits from which SKYLITE can 
be injected is shown in Figure 5.3. 
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Figure 5.3 STS Orbits Allowing Skylite Injection with 31 kg. 

W = Wp(l - exp(‘^^sp»^ Except from orbits of 33 degrees inclination, all insertion 
maneuvers involved a change of altitude and inclination. The evolution is completed 
with two bums. The first burn occurs at perigee and initiates a Hohmann transfer 
ellipse to SKYLITE altitude. The second burn simultaneously circularizes the orbit 
and completes the plane change. The range of STS orbits from which SKYLITE can 
be injected is shown in Figure 5.3. 

A means was necessary to determine how much of the inclination plane change 
should be attempted at perigee and how much would remain at apogee. The US Space 
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Operational Transfer 




Figure 5.4 Depiction of AV at Perigee and Apogee. 

Launch Systems Handbook took the simplifying approach that the perigee burn would 
involve no plane change and the apogee burn would both circularize the orbit and 
complete the entire plane change [Ref. 7: Appendix A-2]. This method was initially 
used to gain an appreciation of the fuel quantity involved. However, engineers at 
Aerospace Corporation mentioned that this simplified approach would provide fuel 
estimates about ten percent too high [Ref. 8]. They provided an algorithm, to be 
entered on a computer, that would calculate the most efficient division of plane change 
at perigee and at apogee, minimizing fuel expended. The algorithm was iterative, 
beginning with no plane change at perigee and total plane at apogee and proceeding to 
the inverse, when all the plane change is done at perigee and none at apogee. The 
program will generate a curve whose minimum' is the lowest AV available. This 
minimum value was evaluated as the fuel necessary to transfer SKYLITE from its 
parking orbit to its operational orbit. This geometry of this approach is illustrated in 
Figure 5.4. [Ref. 9: p. 72] 
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The AV necessary at both perigee and apogee can be calculated as a function 
of inclination change at each point. [Ref. 9: p. 72] 

The total plane change = 0 
Plane change at perigee = a ^ 

Plane change at apogee = 

0 = a | + a 2 



AVy — A V 1 + AV 2 

To minimize the total AV the values for ctj must be varied from zero to the entire 
plane change. An iterative solution, using the above equations, indicated the minimum 
AV possible. 



The propellant budget for SKYLITE is summarized in Table 2. The significant 
advantage of fuel conservation due to selecting gravity gradient stabilization becomes 
apparent in the previous analysis. Gravity gradient stabilization, requiring no fuel 
expenditure for active control, increases the total propellant available for other uses. 
Except for one spin up and despin maneuver, all the fuel aboard Orion is allotted to 
insertion. This creates noticeable operational flexibility to deploy SKYLITE from a 
larger portion of the STS orbital regime. Also, the optimized method of calculating AV 
during the insertion phase uses ten 'percent less fuel making the operational orbit 
attainable from an even larger portion of the STS operating regime. This provides 
planning flexibility which gives mission planners the option of launching SKYLITE on 
shuttle mission profiles deviating considerably from the heart of the envelope. 




D. CONCLUSION 



TABLE 2 

PROPELLANT BUDGET FOR SKYLITE MISSION 



DECAY COMPENSATION FUEL 
SPIN UP / SPIN DOWN 
INSERTION FUEL 
TOTAL FUEL AVAILABLE 
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VI. THERMAL ANALYSIS 



A. INTRODUCTION 

One pervasive requirement in the design of a spacecraft is thermal control. Each 
component in the satellite must remain within operating or survival temperatures at all 
times. Once the satellite is operating successfully in space, the thermal system must 
operate for the duration of the mission. The thermal control system must satisfy a 
number of various conditions both internal and external to the satellite. For instance, it 
must operate in the vacuum of space and in the presence of the many types of 
radiation. This may seem like a difficult condition to meet requiring much time, 
personnel and money but the alternative will prove disastrous for the mission. 

To design the proper thermal control system a thermal analysis must be 
performed on various nodes in the satellite. The thermal analysis enables designers to 
predict temperatures at various points in the satellite allowing for early implementation 
of active or passive cooling or heating techniques. This also allows for the proper 
selection of components and materials with specifications that meet the temperature 
ranges predicted for the operational lifetime of the satellite. 

The analysis is performed in various stages. Initially, a coarse estimate is done to 
find the overall average temperature of the spacecraft and to appraise the relative 
magnitude of heat inputs from the various thermal sources. This analysis is then 
advanced to a meticulous and complex study of hundreds of nodal points located 
throughout the satellite. 

To perform the initial thermal analysis of SKYLITE, the satellite will be 
considered an isothermal body. The approach taken here is one of simplicity and 
approximation which is not the least trivial. Simple and approximate calculations can 
provide excellent introduction to more complex calculations and serve as a valuable 
check on more accurate computation [Ref. 11: p. 1-1]. 

The calculations for this analysis are applicable to computing the average 
temperature of the satellite. The average temperature is actually the fourth power 
average, taken over the satellite surface, but weighted by the emittance of the various 
surface elements. The average temperature obtained represents a number that will be 
the temperature of some point within the satellite. This fairly simple calculation 
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determines the temperature of the satellite, even though the location of this particular 
temperature may be unknown. It represents a goal that can often be achieved for any 
desired internal point, if suitable insulation or heat transfer paths are provided. 
[Ref. 11: p. 1-17] 

The average satellite temperature for SKYLITE is given by Equation 6.1 
[Ref. 11: p. 2-14]. 



crT 4 = (a/c) (a/ A) (S) (y) + (a/c) (p) + p + (Q/c A). (eqn6.1) 

where 

<r = Stefan Boltzmann constant (5.66 x 10"^ W/m"°K) 

T = temperature ( « K) 
a = absorptivity of surface (or absorptance) 

£ = emissivity of surface ( or emittance) 

. a = projected area (m") 

A = surface area (m ) 

S = solar constant(W/m^) 

V)/ = fractional suntime 

p = reflected sunlight on plane, averaged over all orientations, and over all 
points equidistant from earth (W/m ) 

p = earth-emitted radiation for plane, averaged over all orientations (W/m ) 

Q = internally generated heat, usually electrical dissipation (watt) 

It can be seen that there are four principle factors involved in calculating the 
average temperature. These four factors are solar radiation, earth's albedo, earth's 
blackbody radiation and internal heat. These factors are the major contributors of heat 
which effects the average temperature of the satellite. Each factor will be analyzed 
during this thermal analysis as it pertains to PROJECT SKYLITE. A fifth factor, 
unique to this design, that accounts for the heat produced during the lasing 
experiment, will also be discussed. 

The average temperature calculations will be performed for both hot and cold 
orbits. The cold orbit temperature occurs when various orbital conditions minimize the 
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heat contributions from each factor of equation 6. 1 The hot orbit condition is just the 
opposite - when conditions maximize thermal inputs. These conditions will be discussed 
as each factor of equation 6.1 is analyzed and average temperature calculations are 
performed for the hot and cold orbits. 

In addition to the hot and cold orbit average temperature calculations a 
maximum and a minimum temperature will be computed. This calculation will provide 
an upper and lower temperature boundary that the satellite will experience during its 
lifetime. 

The document used as a reference for this thermal analysis is titled Spacecraft 
Thermal Design by Dr. Gary D. Gordon [Ref. 11]. All theory, equations and guidance 
was provided through the use of this document. 

B. SATELLITE TEMPERATURE FLUCTUATIONS 

Before each factor of Equation 6.1 is analyzed it is important to understand three 
phenomena that occur to satellites orbiting the earth. 

1) Thermal' transients occur when a satellite is in sunlight for a fraction of the 
orbit and in eclipse for the rest of the orbit. While the satellite is eclipsed it 
begins to cool but before it can settle at some temperature equilibrium it 
emerges into the sunlight and begins to heat. This cycle of heating and cooling 
repeats itself each orbit. 

2) Temperature variation occurs because of the earth's rotation around the sun. 
As the earth reaches various positions in its orbit around the sun the value of 
S, the solar constant, changes. 

3) As the satellite decreases in altitude because of orbital decay the values of 
many of the variables in equation 6.1 change. 

Each of these phenomena will cause a variation in satellite temperature. For this 
reason it is important to consider each of these problems when calculating the average 
hot and cold orbit temperature and the maximum and minimum temperatures of the 
satellite in order to determine the temperature regime the satellite will encounter during 
its lifetime. 

Figure 6.1 shows the cycle of fluctuations in temperature as the satellite is 
eclipsed by the earth and then emerges into sunlight [Ref. 11: p. 9-12]. 

C. EFFECTS OF DIRECT SUNLIGHT ON THE SATELLITE 

The largest source of constant heat for SKYLITE is direct sunlight. This is 
represented by the first term in equation 6.1, (a/e)(a/A)(S)(vj/). This term contains two 
important properties, surface absorptance, (a) and emittance (e), which are key factors 
in determining satellite temperature. 
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Figure 6.1 Eclipse and Sunlight Temperature Fluctuations. 
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TIME (orbits) 



The absorptance is defined as the fraction of incident radiation which the surface 
will absorb. This ratio will vary with the type of radiation. For this case, sunlight is- the 
most predominate radiation and the absorptance with respect to sunlight is assumed. 
For satellites, the absorptance refers to the solar radiation with wavelengths from 0.3 
to 3.0 microns. [Ref. 11: p. 1-8] 

The emittance or emissivity of the satellite's surface is defmed as the ratio of 
radiation intensity from a surface to the radiation intensity at the same wavelength 
from a blackbody at the same temperature. In essence, it is the medium's efficiency for 
blackbody emission. An ideal blackbody has an emissivity of 1.0. For satellites, the 
emittance refers to wavelengths from 5.0 to 50.0 microns. [Ref. 11: p. 1-8] 

The absorptance-emittance ratio (a/s) is critical in determining satellite 
temperature. For example, doubling this value will increase the absolute temperature 
by approximately 20 percent. Consequently, by varying the value of the absorptance- 
emittance ratio the temperature of the spacecraft can be passively controlled. For 
instance, an increase in solar intensity, such as the occurrence at winter solstice, can be 
compensated by using a low ratio. A decrease in solar intensity, such as the occurrence 
at summer solstice, may be compensated by using a higher ratio. 

Most materials have an absorptance to emittance ratio from 0.3 to 10.0. For 
example, white paint has a low absorptance and a high emittance with a ratio of 0.3 to 
0.5; black paints have a ratio near 1.0. [Ref. 11: p.1-8] 

The second variable in the solar radiation term, a/A, takes into account the 
shape of the satellite. The variable, a/A is the ratio of projected area "a" to total area 
"A". This ratio has a similar effect on the satellite's temperature as the absorptance- 
emittance ratio. Because of the difficulty in precisely calculating this ratio, a simple 
approach will be taken. The following rule is germane for this approximation: 

For any convex solid - one in which any straight line will not 
intersect the surface at more than two points - the average projected 
area is equal to one fourth of the total surface area. [Ref. 11: p. 

1-15] 
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The average ratio for most satellites is therefore 0.25 or 

a avc ” -25(A) 

The third variable, S. is the total direct sunlight, or the solar constant. This value 
varies between 1311 W,m~ at summer solstice and 1397 W/m" at winter solstice 
[Ref. 5: p. 348J. 

The fourth variable, i|/, is the fraction of time that the satellite spends in sunlight 
during each orbit. T his is termed the fractional suntime. 1 or example, if \|/ equals 0.70, 
the satellite would spend seventy percent of its time in the sunlight and thirty percent 
in the earth's shadow. Subsequently, in calculating the average temperature of the 
satellite, the term due to direct sunlight is reduced by the time the satellite is in eclipse. 
[Ref. 11: p. 2-3] 

The fractional suntime is a function of the distance from the spacecraft to the 
earth's center, r, and of the angle 0 between the sun's rays and the orbit normal. This 
is depicted in Figure 6.2 [Ref. 1 1: p. 2-3 J. 

Computing the fractional suntime is often difficult and is usually done by 
computer. However, the fractional suntime for a circular orbit like SKYLlTLi's can be 
computed using the following formula: [Ref. 1 1: p.2-5J: 

v|/ = 1/2 -i- 1/7U * tan* 1 Vl-(R;p) 2 / (R/p) 2 - cos 2 0 



where 

R = the earth's radius (6.378 x 10^m) 

p = orbital radius (SKYL1TE is 7.078 x 10 6 m) 

0 = the angle between the orbit normal and the sun's rays. 

* % 

The- following values will be used to compute the heat input from direct sunlight 
for both the hot and cold orbits. 

The ratio a/C will be given the value 1.3, used for both orbits. The initial value 
used for a/c was 1.1, a measurement taken from an RCA listing for glass covered, 
silicon solar cells, [Ref. 11: p. 1-10] which make up a large portion of the outer surface 
of the satellite'. This ratio was increased to 1.3 for passive thermal control purposes 
which will be discussed later in the chapter. 
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Figure 6.2 Configuration of Fractional Suntime Variables. 

As discussed previously, the value for a/A is 0.25. The summer solstice value of 

-> O 

1311 W'nr will be used for the cold orbit solar constant. 1397 W/m". the winter 
solstice value, will be used for the hot orbit. The fractional suntime, \\J, as computed 
by the respective formula, for the hot and cold orbit of a satellite at 700 kilometers 
equals 0.7S247 and 0.64275 respectively. The value for vy changed because the value 
for 0 varied as the earth's inclination changed relative to the sun. Thetas of 90 degrees 
and 146 degrees were used for the cold and hot orbits respectively. Replacing the four 
variables with these hot and cold orbit values yields the following heat input from 
direct sunlight: 

Qsunlight hot = (l-3)(.25)(1397 w;m 2 )(0.78247) 

= 355.3 W/m 2 

Qsunlight cold = (1.3)(.25)(1311w/m 2 )(0.64275) 

’ = 273.9 W/m 2 
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D. EFFECTS OF THE EARTH'S ALBEDO ON SATELLITE TEMPERATURE 

The second term of equation 6.1, (a/e)(p), takes into account the average 
reflectivity of the earth or the earth's albedo, a e< This value does vary, however, most 
of the measurements fall between 0.35 and 0.40. This is to say that if the albedo eauals 
0.35, thirty five percent of the sun's radiation striking the earth is immediately reflected 
from the earth. [Ref. 11: p. 2-12] Consequently, this reflected solar radiation is incident 
on the satellite and must be accounted for when performing the thermal analysis. 

The amount of reflected radiation incident on the satellite is a function of the 
satellite's position, orientation of the sun, and satellite altitude, p, defined as the 
refected sunlight equidistant from the earth, can be calculated using the following 
formula [Ref. 11: p. 2-13]: 



p = (SXa e )/8 * (1 - Vl - (R/P) 2 ) 

where 

S = solar constant 
R = earth's radius 
p = orbital radius 

a £ = average reflectivity of earth (earth's albedo) 

This second term not only takes into account the reflected solar radiation from the 
earth, p, but also uses the absorptance-emittance ratio to calculate temperature of the 
satellite attributed to the earth's albedo. 

The following values will be used to calculate the hot and cold orbit heat inputs 
from the earth's albedo. The ratio, a/e as previously discussed remains at 1.3. The cold 
orbit value for p, the reflected sunlight, equals 18.5635 for a solar constant of 1311 
w/m 4 and an a e of 0.20. The. value 0.2 is at the lower end of measurements for a £ and 
will be used as a conservative value. The hot orbit value for p equals 39.5621 for a S 
of 1397 w/m and an a £ of 0.40. Replacing the two variables with these values yields 
the following heat input from the earth's albedo effects for the hot and cold orbit. 

Qalbedo hot = (1.3X39.5621 W/m 2 ) 

= 51.4 W/m 2 
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Q albedo cold = (1.3)(18.5635 W/m 2 ) 

= 24.1 W/m 2 

E. EFFECTS OF THERMAL RADIATION FROM THE EARTH ON THE 
SATELLITE 

The third term, p, of equation 6.1 accounts for the heat radiated into space by 
the earth. The lower the orbit of the satellite , the more the radiation emitted by the 
earth contributes to the heat input. 

p is a function of the total radiation incident on the satellite from the earth's 
emission and the total satellite area. p can be calculated using the following formula 
[Ref. 11: p. 2-11]: 



H = 1/2 «T e 4 » (1 - Vl - (R 2 /p 2 )) 

where 



<T = Stefan Boltzmann constant 

T e = the total power that is emitted by the earth expressed in terms 
of equivalent temperature for the earth. 

R = radius of the earth 

p = orbital radius 

The thermal radiation from the earth, p, was calculated for both the hot and cold 
orbits using the following values. 250 «K was used as the average total power that the 
earth emits in terms of an equivalent temperature [Ref. 11: p. 2-8]. R/p for an orbital 
altitude of 700 kilometers equals 0.901102. Replacing the variables with these values 
yields the following heat input from the earth's thermal radiation for both the hot and 
cold orbit. 

Qearth = (0.5X5.66xl0’ 8 W/m 2 °K 4 X250<>K) 4 (1 - Vl - (0.901102) 2 
= 62.6 W/m 2 
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F. EFFECTS OF INTERNAL HEAT DISSIPATION 



The fourth term of equation 6.1, (Q/eA) accounts for Q, the internally generated 
heat of the satellite. There are many ways to evaluate Q. The standard method is to 
determine the power that each component in the satellite dissipates and sum the 
individual amounts. This is not feasible at this stage of SKYLITE's design because the 
power dissipation of many of the components and electronic circuits is difficult to 
calculate and the duty cycle of each is uncertain. A simple yet reliable approach can be 
used however, which is to determine the electric power available to the satellite and 
assume that this power will be in some way utilized during the mission. [Ref. 11: p. 
2 - 1 ] 

This power, Q, is then divided by the emittance of the satellite and the total area 
of the satellite over which the radiation of heat takes place. 

Care must be taken when using this approach to evaluate the amount of internal 
heat dissipated. Energy cannot be created. This fact is important. When the satellite is 
in sunlight the power utilized by the equipment was originated by the solar cells. The 
solar cells utilize some percentage of solar radiation to create a voltage and provide a 
current to the various electrical components of the satellite. This energy, measured in 
the form of heat, could mistakenly be counted twice during the analysis. Care must be 
taken to guard against this problem. If 100 percent of the solar radiation incident on 
the solar array is used to calculate Q sun jjght; then the power received by the electrical 
components which is transformed into heat cannot be used to calculate Qi ntema p The 
heat input from Qi nterna j can come from frictional heat developed by some moving 
parts, propulsion elements or from electrical components powered by the battery 
during eclipse. 

To account for these various heat inputs internal to SKYLITE, a value of 5 
watts will be used for Q. The total area of the satellite, A, is 1.7136m z ' using the 
dimensions for SKYLITE of 19 inches diameter and 35 inches in length. £, the 
emittance, is 0.8. The values yield the following internal heat input. 

^internal = 5.0 W/(0.8)( 1.7136m 2 ) 

= 3.6 W/m 2 
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G. EFFECTS OF INCIDENT LASER ENERGY ON THE SATELLITE 

One significant radiation factor not found in equation 6.1 is the heat input 
caused by the radiation incident on the satellite during the lasing experiment. Equation 
6.1 accounts for the classical contributors to the average spacecraft temperature. The 
heat caused by the lasing of the satellite is unique to this mission and the thermal 
design must account for this fifth factor. To plan for the worst case, the high energy 
experiment power must be used in the calculation. The value used for the high energy 
experiment will be 4.0 watt/enrr. This heat input will be transient in nature in that the 
longest lasing time will be approximately one minute in duration occurring on the 
average of once every four to six weeks. However, it is important to calculate the 
heating effects from the incident radiation of the laser to assess the relative magnitude 
of heat generated. A maximum temperature during lasing can then be calculated that 
will enable the proper selection of hardware and structural materials that can withstand 
this temperature. 

The value for laser heat input can be calculated by using a formula similar to 
that of direct sunlight. 

Qlaser = ( a ' £ ) ( a / A ) < S ) W 

The value for a/c will change to 0.5. As discussed in the Q sun [i e ht sect i° n > the 
absorptance of a satellite is measured at the 0.3 to 3.0 micron region. The wavelength 
used for the MIRACL laser is 3.6 to 4.2 microns which nullifies the a/c value that was 
used for the sunlight calculations. The solar cells will be coated with a highly reflective 
material that has a 95 percent efficiency in the 3.6 - 4.2 micron region for protection 
against overheating the solar array. However, the reflective properties will not be fully 
attained due to the high grazing angle (60 - 80 degrees) of the laser energy striking the 
satellite. The reflective effects of the coating somewhat diminished by the high grazing 
angle should provide an absorptance of approximately 0.4. e will remain at 0.8. This 
results in a a/c ratio of 0.5. 

The value for a/A will have to change to account for the projected area that the 
laser energy wili be incident on the satellite. The laser's minimum elevation firing angle 
is 60 degrees. Because of SKYLITE's gravity gradient stabilization method, the base of 
the satellite will be pointing at nadir. If the laser is fired at 60 degrees elevation, it will 
give the greatest projected area with the lowest grazing angle on the satellite, with 
radiation striking both the base and along one side. The projected area can be 
calculated giving an (a/A) ratio of 0.35. 
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The "S" term will be the amount of laser power incident on the spacecraft during 
the high power test, this being 40,000 W/mr. 

V| / in this case will equal 1. This is to say that the satellite will be in the laser 
radiation for the full period of laser firing - worst case is one minute. If these values are 
substituted into the formula the resultant heat input from the laser energy at high 
power will equal: 

Qlaser = (0.5)(0.35)(40000W/m 2 )(1.0) 

= 7000 w/m 2 

H. CALCULATING THE AVERAGE HOT AND COLD TEMPERATURES 

When all the terms of the heat equation are placed together the average 
spacecraft temperature is given by 

^ - ^sunlight + ^albedo + ^earth-thermal + ^internal 

As discussed throughout this chapter these are the most important contributions 
to the average spacecraft temperature. In order to calculate the average hot or cold 
orbit temperature prior to the lasing experiment, each of the heat source values must 
be summed. This total is then divided by the Stefan Boltzmann constant and the fourth 
root taken. Substituting the cold orbit values gives 

<JT 4 = 273.9 + 24.1 + 62.6 + 3.6 = 364.2 W/m 2 
T cold ave = ((364.2 W/m 2 )/ (5.66xl0* 8 W/m 2 o K 4 )) 1/4 
T coid ave = 283.2o K 



Entering the values for the hot orbit,' the average temperature rises to 

<tT 4 = 355.3 + 51.4 + 62.6 + 3.6 = 472.9 W/m 2 
Th 0 t avs = 302.3 ®K 
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These two temperatures are computed without the laser heat input. To find the 
actual rise in temperature during the lasing experiment a separate equation must be 
solved that will show the rise in temperature per unit time (dT/dt). This calculation will 
be discussed in the next section. 

I. CALCULATING THE MAXIMUM AND MINIMUM TEMPERATURES 

Thus far, the average hot and cold orbit temperatures of the satellite have been 
calculated. But in order to find the upper and lower temperature limits that the 
satellite will experience, the value of several variables in Equation 6.1 must be changed 
to reflect the hottest and coldest conditions in the satellite's lifetime. 

To calculate the maximum temperature the following equation must be solved 
using the proper hot orbit conditions [Ref. 11: p.9-13]. 

mc( dT/dt) = sA (<tT h 4 - <tT 4 ) 

where 

m = the mass of the body (grams) 
c = the specific heat of the body (J/g-°C) 

Tj| = the maximum Hot Orbit Temperature 
T = Average Hot Orbit Temperature „ 

In order to find t h. the hot orbit temperature, the value for \\f and S in equation 
6.1 must be changed to 1.0 and 1397 w/nr respectively to maximize the heat input 
from sunlight. All other values remain the same as the average hot orbit temperature 
values. Replacing these values in equation 6.1 yields a value for Tj^ of 317«K. Now 
dT/dt can be calculated. The following values will be used: 

m = 95,000 grams (mass of satellite after orbit and plane change) 
c = 0.226g-cal/g®C (value for Aluminum) 

£ = 0.8 

A = 1.7136 m 2 
T h = 317°K 

T = 302 <>K (from previous calculation) 
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The units for specific heat can be changed to 0.946 J/g°C to simplify 
calculations. Substituting in these values gives 

mc(dT/dt) = (.8)(1.7136m 2 )(G317o 4 . <j302 ° 4 ) 

dT/dt = 138.1/mc 

dT/dt = 138.1/(95000)(.946) 

dT/dt = 1.5°/sec 

To find the rise in temperature during the sunlight portion of the orbit dT/dt can 
be multiplied by the number of minutes that the satellite is in sunlight. The period of 
SKYLITE'S orbit is 98.7 minutes. Multiplying 98.7 by vj/ of 0.78247 equals 77.23 
minutes. dT can now be figured. 

dT = (1.5367o/sec)(60sec/min)(77.23min) 
dT = 7.1 o 

This value can now be added to the average hot orbit temperature to give the 
maximum temperature the satellite will experience during its lifetime excluding the 
transient temperature increase during the lasing experiment. 

T MAX sun = 302 - 3 ° K + J.1° K = 309.4 ®K 

Although 309.4® K is normally the highest temperature that the satellite will 
experience there will be times during the laser experiment that it will be subject to an 
intense transient heat input. It is necessary to calculate the transient rise in 
temperature that will occur during the high energy lasing experiment to fmd 

T MAX laser * 

Qlaser h as already been calculated as 7000 W/m 2 . This amount of energy from 
the laser has been mitigated by losses due to the 60 to 80 degree grazing angle of the 
radiation striking the satellite and the highly reflective coating which will be applied to 
the solar cells. 

When Q laser is added to equation 6.1 the average temperature rises to 758 °K. 
This will be used for the value of Tpj. 758 °K is the temperature that the satellite will 
tend to if the laser energy was incident on the satellite for infinity. All of the other 
values will remain the same as those used for the average hot orbit calculations. 
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dT/dt for the hot orbit during the experiment equals 2.8 x 10'^°/sec. The 
experiment will have a maximum duration of one minute. Multiplying dT/dt by 60 
seconds yields a change in temperature during the experiment of 16.8°. 

Now the maximum temperature that the satellite will experience at any time 
throughout its life can be figured by adding 16.8 degrees to the average hot orbit 
temperature of 302.3 degrees. 

^MAX^ ot + ^ aser = 302.3 oK + 16.8 °K 



r TMAXk ot "H aser = 319.1 °K 

The final temperature to determine will be Tjyjj^q. This temperature occurs as the 
satellite is just emerging into sunlight after its pass through eclipse. This is calculated 
using minimum heat contributions. It is the coldest temperature that the satellite will 
experience. The following equation is used to calculate this temperature [Ref. 11: 9-13]. 

mc(dT/dt) = £A (<tT l 4 - <jT 4 ) 



T^ can be calculated by eliminating the sunlight and albedo factors from 
equation 6.1. This will leave only the earth's blackbody radiation and internal heat 
inputs. This will give a T^ value of 185°K. The value for T will be the average cold 
orbit value of 283.2 ®K. All other values will remain the same as those in the average 
cold orbit calculation. Substituting these values into the equation yields a dT/dt for the 
cold orbit of -4.5 x 10 ©/sec. This value is multiplied by the satellite's time in eclipse 
to compute the minimum temperature that the satellite will experience. The period of 
the orbit multiplied by (1-y) will give the satellite's time in eclipse. This value equals 
35.26 minutes. Multiplying eclipse time by dT/dt yields a decrease in temperature 
during eclipse of -9.6 degrees. Subtracting this value from the average temperature of 
the cold orbit will result in the minimum temperature that the satellite experiences. 



T MIN “ 

t min = 



283.2<>K-9.6oK 
273.6o K 
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J. PASSIVE THERMAL CONTROL 



For reasons of reliability, weight, simplicity, and cost, SKYLITE will rely entirely 
on passive thermal control. There will be no moving parts. The thermal control of the 
satellite will depend on thermal surface properties, thermal insulation, thermal mass, 
thermal heat paths, etc. to maintain desirable temperatures. 

The typical goal for a satellite's average temperature is 0°C to 40 °C. However, 
the component equipment must pass qualification tests with wider temperature limits, 
with 10®C being the usual overstress criteria. This puts limits of -10°C to 50°C for the 
equipment tests. 

For the first iteration of SKYLITE's thermal analysis an overall a/s of 1.1 was 
used. This produced a temperature range from -3°C, during the coldest conditions to 
37 <>C during the lasing experiment. The lower limit was deemed undesireable, 
specifically for the hydrazine fuel which freezes at 0°C. The a/s ratio was increased to 
1.3 which yielded a range in temperature between 1°C and 46°C. This ratio produced 
an increase in temperature for the cold orbit but may be unacceptable for the 
maximum temperature allowable. The optimum ratio will probably fall between 1.1 and 
1.3. Further study is required to determine the possible passive thermal techniques 
necessary to meet temperature criteria. It may be necessary to have different surfaces 
having different a/s values to raise and lower temperatures at specific points on the 
surface of the satellite. 

K. CONCLUSION 

The preceding thermal analysis was simple and direct. The entire satellite was 
assumed to be isothermal, and all temperatures are bulk temperatures. This initial step 
determines an approximate operating range for spacecraft temperatures. Due to 
thermal coupling, and radiation effects, the temperature variations within the satellite 
may be extreme, particularly during periods of laser illumination. For subsequent and 
more precise analyses, the temperature at discrete points within the vehicle must be 
ascertained with extremely complex programs and algorithms, using nodal analysis. 
However, for a concept analysis, the isothermal approach is sufficient, demonstrating 
considerable accuracy for previously designed spacecraft. The passive thermal design 
for SKYLITE maintains a temperature range of .6«C to 36 °C during orbit, with 
transient temperature increases to 46 °C during lasing periods. 

Two critical areas that must be analyzed during subsequent nodal analysis are the 
solar cell and gravity boom temperature gradients during lasing periods. The 
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temperature effects of both the hot and cold orbit and the laser radiation on the solar 
cells must be determined as a function of time, since the design and impedance for the 
solar array is critically dependent on the temperature profile. The gravity gradient 
boom, the tip mass and the solar array on the tip mass are sufficiently separate from 
the satellite to require a separate thermal design. 



65 



VII. SPACECRAFT POWER ANALYSIS 



A. INTRODUCTION 

The satellite power analysis is often one of the most exhaustive in the design 
process. This is due to the wide variety of equipment requiring power as well as the 
fluctuating power sources. The approach that follows details an analysis of the 
electrical power capabilities of the solar cells and batteries, followed by an examination 
of types of equipment and loads drawing on these sources. 

For spacecraft in low earth orbit (LEO) the requirement of providing power to 
satellite equipment is satisfied with solar arrays and batteries. The solar arrays supply 
all necessary power except during eclipse periods. During eclipse there is no solar 
power incident upon the solar panels and the batteries supply all the required power. 
This is done by allowing the solar panels and the batteries to power a common bus. If 
either of the supply sources is unavailable, the other will assume the entire load. A 
prime consideration in this arrangement is that, since the batteries do not have 
unlimited power, the solar panels must be able to recharge the batteries as well as 
power the spacecraft, during the time the orbit is sunlit. If the solar array is not well 
designed in this area, the batteries will be drawn down to a point when they cannot 
fully power the spacecraft during eclipse. 

The load conditions that face the power sources are complex. The power 
demands are a combination of steady state, transient and one time loads. An example 
of a steady state load is a transponder that must be continuously powered. A transient 
power requirement may occur during random periods in the orbit. For example, a 
-spacecraft may have a sensor that must be turned if another vehicle flies into its field 
of view. An instance of a one time load is presented as a spacecraft is deployed and 
many arrays are deployed by electric motors. Once the arrays are erected the electric 
motors may never operate again. So, the power sources must be matched against all 
steady state loads, as well as transient and one time loads. Load budgets, which sum 
the power requirements during different operating are prepared. These budgets are 
compared against the available power at that particular time. If a power surplus is not 
evident, then reevaluations become necessary. 
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The initial calculations for power sources available to SKYLITE involved an 
assessment of power provided by the body mounted solar panels. The calculated solar 
power available will give an estimate of how much equipment can be powered as the 
batteries are recharging, as the spacecraft is in the sunlit portion of the orbit. Once the 
solar array was evaluated, the battery necessary during eclipse was sized. These 
evaluations are discussed in the section on power sources. The electrical demands of 
the satellite equipment and the load diagrams are explained in the section on electrical 
loads. 

B. POWER SOURCES 
1. Solar Array 

Solar arrays are an accommodating means of supplying power to a spacecraft 
as it proceeds through its orbit. They provide virtually an infinite source of energy. 
Although batteries and propellant are also available as power sources, they have finite 
limits and their weight requirements become more prohibitive as the spacecraft design 
lifetime lengthens. The approach taken towards ensuring a power source is available 
aboard SKYLITE, was to supply the primary power bus from the solar panels at all 
times except eclipse and periods when the electrical demand may exceed the solar array 
supply. During such times of peak demand the solar power will be supplemented with 
battery power. An analysis was done regarding the power supplied by the solar panels 
aboard SKYLITE. This analysis is subsequently discussed, illustrating the variations in 
potential solar power throughout an orbit. 

The arrays which convert solar power are composed of strings of solar cells. 
These cells are approximately 2 cm by 4 cm, although their size is variable to create the 
most efficient array possible. The two primary chips mass produced for solar panels are 
Silicon (Si) and Galium Arsenide (GaAs). The silicon type cells have been used since 
the infancy of the space age and provide efficiencies of approximately 9-15 percent at a 
reasonable cost. The Galium Arsenide cells, which attain efficiencies between 15-20 
percent, may also be purchased, although their cost is prohibitive for use in the 
SKYLITE design. Thus, Silicon cells were selected for use aboard SKYLITE, and the 
efficiency of these particular cells range from 9.5 to 14.5 percent, based on the cell 
temperature. [Ref. 5: p. 342]- 

The solar power converted to electricity by a solar panel is dependent on three 
attributes. These attributes are solar array area, cell efficiency and solar irradiance. 
Their relationship is illustrated in the following equation [Ref. 5: p. 347], 
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Figure 7.1 Solar Array Arrangement on SKYLITE. 

P = x\ x A x S 

x\ = solar cell efficiency (%) 

y 

A = solar array area perpendicular to the Sun's rays (m ) 

S = solar illumination value (W;m*) 

For a spin stabilized or three axis stabilized spacecraft the calculation for 
power converted from a solar array is straightforward. The ease of calculation arises 
from the fixed position of the solar arrays with respect to the incident radiation. The 
projected area of the solar panel available for collection is unchanging, making the 
power output of the array almost constant and very predictable. However, for a 
gravity gradient stabilized satellite, such as SKYLITE, the procedure is much more 
difficult. The solar array on SKYLITE is body mounted, with additional cells on the 
top of the gravity boom tip mass. The arrangement is depicted in Figure 7.1. Since 
the bottom of SKYLITE always points to the Earth, the orientation of the solar panels 
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and the sun continuously changes as the satellite orbits. As the power available from 
an array is a function of its projected array, the array power to the bus will also 
constantly change. The spacecraft power analysis requires a precise assessment of 
minimum and maximum power, so the solar array's varying output due to changing 
geometry must be evaluated for averages as well as low and high power points. 

2. Minimum Power Orbit 

The orbital parameters impacting solar power collection were analyzed to 
determine particular orbits when the array will produce its maximum and minimum 
available power. Since collected power is proportional to projected area and solar 
illumination, the least power will be collected when these values are minimum and the 
most power is available when these values are maximum. If the electrical demands can 
be satisfied under these limiting conditions, they can be satisfied at ali the ranges in 
between. 

Unfortunately, the entire surface area of SKYLITE is not available for 
mounting solar cells. There must be room provided for other items such as thrusters, 
sensors, antennae, and structural fixtures. A reasonable approximation is that 95 
percent of the surface area will contain solar cells. This value applies both to the cells 
on the top of the tip mass and the cells on the outside of the spacecraft body. This 
evaluation leaves the following area available for collecting solar power. 

Area S p acecra f t = 2rh = 2(.2413 m)(.889 m) = -.429 m 2 

Area t *p_ mass = Jtr 2 = Jt(.2413 m) 2 = .183 m 2 

Both of these areas must be decreased by five percent for the spacing reason discussed 
above. 



^ rea tip,eff 

^ rea s/c,eff 



= .183 m 2 x .95 = .174 m 2 
= .429 m 2 x .95 = .4076 m 2 



The reason the area available for solar collection on the spacecraft body is not 
equal to the cylinder surface area becomes apparent only after consideration. The total 
circumferential area is never visible to the sun at an instant. Instead, the apparent area 
available for collection is the projected area of a cylinder. This area is equal to the 
product of the diameter and height. The area provided by the tip mass and spacecraft 
cannot be algebraically summed as they never present their maximum collection area to 
the sun simultaneously. When the tip mass cells are perpendicular to the solar rays the 
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cylinder face is parallel (collecting no energy) and visa versa. The difficulty of 
determining solar power available increases due to this situation. 






Figure 7.2 Orbital Position Causing Minimum Solar Array Power. 

The relative position of the sun, earth and spacecraft causing the solar array 
output to reach a minimum is illustrated in Figure 7.2. This orientation may occur 
periodically throughout the year. However, the particular orientation resulting in 
minimum array output takes place during the summer solstice. The Sun and Earth are 
furthest separated at the summer solstice, causing the solar constant to reach its 
minimum value of 1310 W/m^ [Ref. 5: p. 348). Also, another factor minimizing the 
solar array power output is the regression of the orbital plane to a position that is 
parallel to the arriving solar rays. This orientation provides two minimum power 
values, minimum instantaneous power and minimum average power in an orbit. The 
minimum instantaneous power available in any orbit occurs when the spacecraft axis is 
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pointed directly at the sun. At this position, the only solar array area used for 
collection is that on the top of the tip mass. The average power is minimum 
throughout the orbit because of the low average area presented to the solar rays and 
the high eclipse time. The orientation described in Figure 7.2 creates the longest eclipse 
of any possible orbit. The lengthy eclipse reduces the sunlit time, which the array 
depends on for power collection. 

The minimum instantaneous power available is a straightforward calculation 
using previously defined equations. As the tip mass cells become perpendicular to the 
solar rays the solar array area reaches a minimum and all solar power is collected by 
the tip mass solar cells. 

Pj = Instantaneous Power 
p i - A ti P x n x s 

^tip,eff “ m 

n = 12 % 

S =1310 W/rcr during summer solstice 
= (.174 m 2 )(.12)(1310 W/m 2 > = 27.4 W 

An additional concern to be discussed at this point is the solar cell efficiency 
decrease due to radiation damage by trapped radiation at low Earth altitudes. The 
radiation effects are cumulative over the lifetime of the orbit. The radiation damage 
factors were calculated for SKYLITE orbit at 700 km and 33 degrees inclination 
throughout a three year life. The radiation damage factor is .89. This value means that 
the solar cell effectiveness decreases by eleven percent after three years. Since the 
electrical demands of the satellite must be satisfied at the end of life (EOL) as well as 
beginning of life (BOL), all subsequent solar calculations will account for the decrease 
in efficiency caused by trapped radiation. [Ref. 5: p. 336] 

The minimum instantaneous power, at the end of life is given by the following 
equation. 

P^EOL) = ? { (BOL) x D 

D = solar cell derating factor due to radiation damage = .89 
(EOL) = .89 x 24.34 W 

The minimum average power throughout an orbit is a more difficult 
calculation. The solar cell area available for solar power collection is a function of the 
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Figure 7.3 Projected Area Available-Minimum Power Orbit. 

sum of the disc area presented and the cylinder area presented. The cylinder area 
presented will range from a maximum near its northernmost and southernmost points 
and a minimum as the cylinder becomes perpendicular to the sun's rays. The projected 
area of the cells on the disc, because it is ninety degrees of!' of presentation from the 
cylinder, varies inversely. The disc has minimum projected area at the northernmost 
and southernmost points, with a maximum when the spacecraft axis is perpendicular to 
the sun's rays. The following comments refer to Figures 7.2 and 7.3. Using the angle P 
as the angle between the spacecraft longitudinal axis and an axis perpendicular to the 
sun's rays, the area available in this orbit can be described by Figure 7.3. The area 
varies as depicted in the graph with the eclipse region defined as p values from 206.5 to 
333.5 degrees. The average projected area during the sunlit portion of the orbit, when 



72 



entered in the solar cell collection equation, will provide the average power available by 
the solar array. The average area is calculated by integrating the area under the curve 
in Figure 7.3 and dividing by the time the spacecraft is exposed to the sun. These 
calculations result in an average area of .3753 m . The average solar power provided in 
this orbit can be determined. 

p = n x A XS*D 

P av „ = ,12(.3753 m 2 )(1310W/m 2 )(.89) 

P av ° = 52.5 W (EOL) 

The minimum average value of 52.5 W is the least amount of average power 
that will ever be supplied by the solar array during an orbit. If the spacecraft load is 
designed so that it can be satisfied by this minimum value, then all other spacecraft 
orientations, all with higher average power, will sufficiently supply this load. 

3. Maximum Power Orbit 

The previous procedure used for evaluating the conditions of minimum solar 
array output power must be repeated to determine the maximum solar array power. 
The same variables whose combination created the conditions of minimum power, also 
cause periods of maximum power generation. These variables, projected array area 
and solar constant, combine to generate this maximum at a different point of the orbit. 
The specific orbital arrangement creating maximum power is illustrated in Figure 7.4. 
During this orbit the projected area of the spacecraft solar array will be less varying 
than in the minimum power orbit. Also, because the solar angle is fifty six degrees, the 
eclipse will be considerably shorter. The eclipse during the maximum power orbit is 
21.4 minutes, versus 35 minutes for the minimum power orbit. The short eclipse period 
and greater cross sectional area, combine to provide substantial increase in both 
maximum instantaneous and maximum average power. 

The maximum instantaneous power occurs when the top of the spacecraft has 
rotated to a position when it points towards, though not directly at, the Sun. At this 
point the total projected area is a sum of the apparent area from the disc solar cells 
and the cylinder solar cells. The maximum instantaneous power is calculated using the 
previous equations. 

Pj (EOL) = n x AxSxo 

S = Maximum solar constant (winter solstice) = 1390 W/m 

A = Peak sum of the disc and cylinder projected area = .4624 m 

D = Derating factor (EOL) = .89 
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